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RESUMO

CRUZ, M. A. A. Otimizador Multidisciplinar para Projeto Conceitual de Aaeronaves
Hibridas-elétricas. 2019. 85 p. Projeto de Conclusdo de Curso (Graduagdoem Engenha-
ria Aerondutica) — Faculdade de Engenharia Mecanica, Universidade Federal de Uberlandia,
Uberlandia — MG, 2019.

O presente trabalho apresenta uma otimizacao de projeto multidisciplinar (MDO) para aviacao
geral e design de aeronaves hibridas-elétricas, integrando ferramentas de aerodinamica, estruturas,
mecanica de voo e desempenho. Trazendo, ainda, as diferentes arquiteturas de projeto hibrido-
elétrico. As metodologias usadas em cada caixa sdo apresentadas e, de forma geral, todas as
ferramentas foram elaboradas de forma a utilizar pouco ou nenhum dado histérico, favorecendo o
design de novos conceitos. A aeronave projetada estd no mercado de aviag@o geral e os requisitos
s@o especificados de acordo com seus concorrentes, tomando crédito de um sistema de propulsdo
distribuida. Além disso, as fun¢des objetivas do MDO sdo minimizar o consumo de combustivel

e o peso maximo da decolagem.

Os resultados, no que tange a geometria, parametros aerodindmicos e de desempenho sio
comparados com os concorrentes para validagdo. Por fim, o MDO ¢ utiizado para gerar um
projeto final de forma a evidenciar as relacdes de compromisso de uma aeronave hibrida-elétrica

para os atuais objetivos impostos.

Palavras-chave: Otimizacdo de Projeto Multidisciplinar, Aviacdo Geral, Aeronaves Hibridas-

Elétricas, Propulsao Distribuida.






ABSTRACT

CRUZ, M. A. A. Multi-disciplinary Design Optimization for Conceptual Design of Hybrid-
Electric Aircraft. 2019. 85 p. Projeto de Conclusao de Curso (Graduagdoem Engenharia
Aerondutica) — Faculdade de Engenharia Mecanica, Universidade Federal de Uberlandia, Uber-
landia — MG, 2019.

This work presents a multidisciplinary design optimization (MDO) for general aviation and
hybrid-electric aircraft design integrating boxes of aerodynamics, structures, flight mechanics and
performance. The methodologies used in each box are presented and, to increase the reliability
on new designs, these tools were made to minimize or not use at all any historical data. The
aircraft designed is present in the general aviation market and the requirements are specified
according to its competitors, taking credit of a distributed propulsion system. Furthermore, the

objective-functions are minimize fuel consumption and maximum takeoff weight.

The results in terms of geometry, aerodynamic parameters and performance were compared to
the aircraft competitors to evaluate the accuracy of the MDO. At least, the MDO generated a
final project in order to highlight the commitment relationships of a hybrid-electric aircraft in

matters of the objectuve-functions definded to this project.

Keywords: Multidisciplinary Design Optimization, General Aviation, Hybrid-Electric Aircraft,
Distributed Propulsion.
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CHAPTER

INTRODUCTION

Fossil fuel alternatives have been a demand in recent years in all branches of industry.
The growing concern with the environment has been a factor in this search, due to the highly
polluting nature of this type of fuel (ANDRES et al., 2011). Also, the growing demand of energy,
the uncertainties about oil availability worldwide, and the instabilities in the Middle East tend to

contribute to the increase of this energy source price.

Against this need, the study and development of fully or partially electric aircraft has
been one of the stakes of the aircraft industry and universities over the last few years (SILVA et
al., 2019). This proposal leads to researches of new technologies to enable the development of

previously unfeasible concepts.

In order to make this new concepts more viable, by reducing research and implementation

costs, a multidisciplinary approach is proposed.

Multi-disciplinary design optimization (MDO) allows the incorporation of all relevant
disciplines simultaneously using optimization methods to solve design problems, increasing the
efficiency of designs to be optimized, resulting in a reduction of time cycles and costs of the
project (SOBIESZCZANSKI-SOBIESKI; HAFTKA, 1997).

The use of multiple simulations is a key concept of MDO. This involves several tools,
such as fluid flow solvers, structural analysis, cost modelling and tools for design and reliability.
Although there are tools and softwares that are highly effective individually, the challenge now

is to provide the right tools to support this integrated approach.

At a general level, when considering the overall mission performance of an aircraft, the
tool is used during the early stages of the project (KROO et al., 1994). However, currently most
MDO applications are based on major simplifications in mathematical modelling, such as beam

structural models or panel methods for aerodynamics.

Along those lines, this work presents a MDO method for conceptual design of general
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aviation and hybrid-electric aircraft. The MDO comprises boxes of engineering that includes
aerodynamics, flight mechanics, structures, and performance, integrating all of them. After

validating the accuracy of the aerodynamic and flight mechanics solvers, a case study is presented.

1.1 Document Structure

This document is structured, as follows:

e Chapter 2 presents the main concepts around multidisciplinary optimization methods,

general aviation, hybrid-electric aircraft and distributed propulsion systems;

e Chapter 3 describes the MDO premises, operations and its components. Moreover, it
presents the approaches of each component, such as structural and aerodynamics analysis,

flight mechanics and the aircraft mission;

e Chapter 4 brings the confrontation between the MDQO’s results and others licensed soft-

wares in order to validate and test the accuracy of the developed MDO;
e Chapter 5 summarizes a case study to demonstrate the operation and results of the method;

e Chapter 6 presents the main conclusions of the method, approaches and propositions in

this work, and proposals for future work.
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CHAPTER

LITERATURE SURVEY AND THEORY

2.1 Multidisciplinary Design Optimization

Multidisciplinary design optimization (MDO) is a field of engineering that uses optimiza-
tion methods to solve design problems incorporating multiple disciplines or subsystems. The
main advantage of this method is that the optimal design of a multidisciplinary system can only
be found when the interactions between the disciplines are fully considered. Even that bringing
all these disciplines together increases the complexity of the problem, the optimum solution is

way superior than the one found by optimizing each discipline sequentially (KROO et al., 1994).

One of the first applications of an MDO was an aircraft wing design considering three
strongly coupled fields: aerodynamics, structures and controls. Since then, MDO approaches
kept evolving until it was used to solve more challenging problems such as an entire aircraft
(SOBIESZCZANSKI-SOBIESKI; HAFTKA, 1997). Also, this method have invaded the others
fields of engineering, such as automobile design, naval architecture, and electronics, and started

being used in a greater scale.

The main concerns around the implementation of an MDO are how to organize the disci-
plinary analysis models, the optimization software in according with the problem formulation so
that the optimal design is achieved and the approximations models. Such strategy in combination
with the problem formulation defines the MDO architecture, defining how the different models

are going to interact and how the overall optimization problem is solved.

There are many different architectures that can be used to solve a given optimal design
problem, and choosing the most appropriate architecture for the problem can reduce significantly
the time solution. The selected methods for solving each discipline and the coupling scheme
used in the architecture are definitive to save time in each iteration. These considerations become
more important as the design becomes more complex, detailed and the number of variables and

constraints increases.
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2.1.1 Variables and Constraints

A design variable is a specification that is controllable from the point of view of the
designer and it is always under the explicit control of an optimizer. These variables can be
continuous, discrete or boolean. They also may pertain only to a single discipline or may be
shared by multiple disciplines.

Constraints, just like the design variables, are defined by the design team and they are
a condition that must be satisfied to make the design feasible. These constraints can reflect a
physical law, bounds or just user requirements. Constraints can be used explicitly by the solution

algorithm or can be incorporated into the objective.

Design problems with continuous variables are normally solved more easily; however,
with an elevated number of design variables and constraints, the problem becomes more complex
and, therefore, demands more processing power and time to be solved. Also, the design variables
are often coupled; in other words, the value assumed by one variable will affect another variable

creating the necessity of more cycles to find the optimal outcome.

2.1.2 Objectives

An objective is a numerical value to be maximized or minimized according to the will of

the design team or final objective of the project.

Multiple objectives can be defined, however, more objectives requires more computa-
tional capability and time. Also, many solution methods works only with single objectives. So,
when using these methods or looking for minimize the elapsed time, the design team needs to
weight the various objectives and sum them to form a single objective often by sacrificing the

possibility to find a more optimal design result.

2.1.3 MDO Methods

Numerical optimization reached prominence in the digital age, although Isaac Newton,
Leonhard Euler, Daniel Bernoulli and Joseph Lagrange already had used them to solve problems.
Its systematic application to structural design dates to the 60s when used by Schmit and Haftka.
The success of structural optimization on the next years motivated the emergence of multidis-
ciplinary design optimization in the 1980s. First, the popular gradient-based methods used by
the early structural optimization and then MDO practitioners have investigated optimization
methods in several broad areas. These include decomposition methods, approximation methods,
evolutionary algorithms, memetic algorithms, response surface methodology, reliability-based

optimization, and multi-objective optimization approaches.
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2.1.3.1 Genetic Algorithm

In a Genetic Algorithm (GA), a population of candidate solutions to an optimization
problem evolves toward better solutions (DATTA, 2012). The evolution usually starts from a
population of randomly generated individuals, and it is an iterative process, with the population
in each iteration being called a generation. In each generation, the fitness of every individual
in the population is evaluated; the fitness is usually the value of the objective function in the
optimization problem being solved. The more fit individuals are statistically selected from the
current population, and each individual’s genome is modified (recombined and possibly randomly
mutated) to form a new generation. The new generation of candidate solutions is then used in the
next iteration of the algorithm. Commonly, the algorithm terminates when either a maximum
number of generations has been produced, or a satisfactory fitness level has been reached for the

population. The Figure 1 represents a common flow for this type of algorithm.

Figure 1 — Flowchart of Genetic Algorithm.

Seed Population

Generate N individuals

J' Genesis

Scoring: assign fitness to
each individual

4 bt | &~
T
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Selection (Parent 1 Parent 2)
¥ NO
Reproduction Use crossover operator to
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Survival of Firtest ; .
off - springs finished?
Apply replacement
operator to incorporate YES I ¥
new individual into Na"f[a' Select one off - spring
Selection
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pop -* NO l
T Apply Mutation
e o .
L Terminate? Mutation operator to produce
NO T—— Mutated offspring
1 YES 1
’/ Finkch 1 Atian Scoring: assign fitness
{i"i’“ed? to off - spring

Source: Datta (2012).
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A typical genetic algorithm requires a genetic representation of the solution domain and

a fitness function to evaluate the solution domain.

The population size depends on the nature of the problem, but typically contains several
hundreds or thousands of possible solutions. Often, the initial population is generated randomly,
allowing the entire range of possible solutions (the search space). Occasionally, the solutions

may be "seeded" in areas where optimal solutions are likely to be found.

During each successive generation, a portion of the existing population is selected to
breed a new generation. Individual solutions are selected through a fitness-based process, where
fitter solutions (as measured by a fitness function) are typically more likely to be selected. Certain
selection methods rate the fitness of each solution and preferentially select the best solutions.
Other methods rate only a random sample of the population, as the former process may be very

time-consuming.

The fitness function is defined over the genetic representation and measures the quality
of the represented solution. In some problems, it is hard or even impossible to define the fitness
expression; in these cases, a simulation may be used to determine the fitness function value of a
phenotype (e.g., computational fluid dynamics is used to determine the air resistance of a vehicle

whose shape is encoded as the phenotype), or even interactive genetic algorithms are used.

The next step is to generate a second generation population of solutions from those
selected through a combination of genetic operators: recombination and mutation. For each new
solution to be produced, a pair of "parent" solutions is selected to produce a "child" solution
using the recombination and mutation methods, a new solution is created which typically shares
many of the characteristics of its "parents". New parents are selected for each new child, and the

process continues until a new population of solutions of appropriate size is generated.

This generational process is repeated until a termination condition has been reached like
when a solution is found that satisfies minimum criteria or the fixed number of generations is

reached.

2.1.3.2 Differential Evolution

First proposed in 1997 by Storn and Price, Differential Evolution (DE) is a simple
yet effective algorithm for global (multimodal) optimization. Although primarily designed for
optimizing functions of continuous and discrete numerical variables, DE has also been applied

with some success to combinatorial problems.

DE belongs to the class of Evolutionary Algorithms (EAs), so-called because they
are population-based methods that rely on mutation, recombination and selection to evolve a
collection of candidate solutions toward an optimal state (PRICE, 2013). Like most EAs, DE
exploits the population via recombination. DE does not, however, attempt to mimic natural

searches, like those of ants, bees, the immune system, or those arising from social interaction.
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Furthermore, only DE directly samples the population to drive mutation — a strategy that has

many benefits.

2.2 Hybrid-Electric Aircraft

Looking forward to create greener technologies, engineers and researches have spent
time developing new designs concept in aviation. One of this new technologies are the fully or
partially electric aircraft that will reduce the use, or not use at all, fossil fuels as energy source.
Reducing the use of this type of energy source has more advantage than only reduce the carbon
dioxide (CO,) emissions, but also brings reductions in the operational costs of the aircraft and

maintenance costs are reduced as well.

Such an effort, to develop greener technologies, comes with the increasing environmental
concern around the world and the pressure applied by institutions to push the industries forward
into this greener future. One of this institutions is the National Aeronautics and Space Adminis-
tration - NASA that launched a series of targets, represented in Figure 2 to be accomplished by
the aerospace industry.

Figure 2 — Targets recommended by NASA

Table 1. NASA subsonic transport system level metrics.

N+1 (2015)*** N+2 (2020)*** N+3 (2025)***
CORNERS OF THE Technology Benefits Technology Benefits Technology Benefits
TRADE SPACE Relative to a Rplau_ve toa
Single Aisle Reference Large Twin Aisle Reference
Configuration Configuration
Noise
e e -32dB -42 dB -71dB
LTO NOx Emissions AN B i
(below CAEP 6) 60% 75% better than -75%
Parfbmimce: 33%* 50%" better than -70%
Aircraft Fuel Burn ’ ’
FEILNIR -33% -50% exploit metroplex” concepts
Field Length ¢ P p p

*** Technology Readiness Level for key technologies = 4-6
** Additional gains may be possible through operational improvements
*  Concepts that enable optimal use of runways at multiple airports within the metropolitan areas

Source: Kim (2010).

Therefore, it is of great interest that electric flights becomes real, but this type of fight is
highly dependent and related to the energy storage technology available (SILVA et al., 2019).
Also, due to its purpose of being used in the aerospace industry, this storage technology needs to
be light, compact, safe and reliable. Within this design philosophy, the most feasible technology
is the battery. However, batteries must be able to meet both power density and energy density
requirements, as well as they must be able to show high convenience from an economical and
ecological point of view (KUHN; SIZMANN, 2012).
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2.2.1 Batteries

Some concepts and terminologies regarding batteries are important to come up with, as

follows:

e Specific Energy [Wh/kg]: it is also known as gravimetric energy density, and it is defined
as the amount of electrical energy stored for unit battery mass. Thus, it is dependent on

battery chemistry and packaging;

e Specific Capacity [Ah/kg]: it represents the Amp-hours available when the battery dis-
charges at a certain current, per unit of mass. Similar to the specific energy, limits to the
discharge current are given by the cell chemistry and its weight is influenced both by the

materials necessary in the electrochemical process as well as the packaging of the cells;

e Specific Power [W/kg]: dependant on chemistry and packaging, it determines the weight
required to reach a given performance. There is a strong trade-off between specific energy
and specific power for high discharge rates during high power demands, in which the

battery capacity drops very fast, significantly reducing the specific energy;

e Energy Density [Wh/m?] or [Wh/I]: along with the energy consumption of the vehicle,
it determines the volume occupied by the battery, being a function of packaging and

chemistry;

e Stored Energy [Wh] or [J]: the energy stored is equal to the product of the battery voltage
V and the capacity Q [Ah]. The stored energy is a function of how quickly a battery is

charged or discharged as with increasing currents the internal losses grow;

e State of Charge (SOC) [%]: it is defined as the ratio between the remaining capacity and
the nominal capacity. It goes from 100% (fully charged) to 0% (fully discharged), but
batteries usually have a practical lower SOC limit under which the cells are permanently

damaged. This limit is usually around SOC = 20-30% for modern Li-Ion batteries;

e Depth of Discharge (DoD) [%]: it is the rate of discharged capacity over the nominal
capacity. It is also defined as DoD = 1-SOC.

e Cost [$/Wh]: depending on the cost of raw materials and industrial processes required to

manufacture the battery.

CINAR et al. states that studies performed by Safran company show that for commuter
applications the battery-level specific energy should be, at least, 500 Wh/kg, while studies on
larger aircraft conducted by Boeing show the need of at least 600-750 Wh/kg.
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2.2.1.1 Battery types

Lithium-ion and Lithium-polymer batteries are the most common batteries due to very
high performance compared to other technologies available on the market. Its specific energy
is around 150 Wh/kg while the energy density can be as high as 650 Wh/l. However, when it

comes to safety, these batteries can be dangerous due to chances of explosion.

The Li-air (or Li-O;) batteries are quite promising, possibly having specific energy values
around 11500 Wh/kg, which is very close to the aviation fuel specific energy of 11900 Wh/kg.
However, this kind of battery has some safety issues, has limited life cycles and its charged and

discharged rates are not very competitive with the other types of battery.

The Lithium-Sulfur batteries are already available with specific energies around 250
Wh/kg; however, there is a prototype with a specific energy of 600 Wh/kg and a power density
of 150 Wh/l already being tested in laboratory. On the other hand, they have low life-cycle and

low efficiency that does not permit the full extraction of the chemical energy.

Regarding the future of these technologies, GERSSEN-GONDELACH; FAAIJ gathered
the predictions and expectations for the characteristics and performances of the batteries for the
year 2025, being updated to 2035 by (ZAMBONI et al., 2019), which are available in Table 1.

Table 1 — Numeric values for aerodynamic solver validation.

Li-ion Li-S Li-air
Specific Energy [Wh/kg] 250-350 600-700  800-1500
Specific Power [W/kg] 500-600 350-500 300-400
Energy Density [Wh/1] 600-800 300-350  1000-1700
Charge/Discharge efficiency [%] 90-95 70-90 60-85
Cycle life [# cycles] 1000-3000 1000-2500  500-1000
Degree of Discharge [%] 70-90 90-100 70-90
Lifetime [years] 7-15 7-14 5-10
Cost [$2010] 250-350 250-500 400-800
Uncertainty low medium high

Source: Silva et al. (2019).

Li-S and Li-air batteries should probably be the best options for future projects, since they
can achieve high specific energy levels. However, there are still major challenges to board these
batteries on a plane, such as project maturity, redundancy in operational safety, flammability

testing, i.e., all that is necessary to ensure safety and reliability requirements.

2.2.2 Fundamentals and Architectures

The supplied power ratio (®) , which is defined as the total electric motor power over the

entire mission in relation to the total shaft power over the entire mission as show in Equation 2.1,
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is the best parameter to measure the hybridization level of the design. Also, two other parameters

that shows the degree of hybridization is the ones that relate energy (Hg) and power (Hp)

b= Pemmtal (21)
PShafttotal
HE _ Eelectric (22)
Etotal
HP _ Pelectric (23)
Ptolal

The value of ® = 0 represents a conventional aircraft while the value of ® = 1 represents

a fully electric aircraft.

Figure 3 displays an example functional correlation between installed Hp and Hg for a
dual-energy storage-propulsion-power system (DESPPS) based upon kerosene and batteries as
energy carriers targeting YEIS 2035 and were derived from assumed step values of ®. Some

cases of architectures are classified in Table 2 and represented in Fig. 4.

Figure 3 — Example of a Degree-of-Hybridization trade-study conducted for a hypothetical Dual-Energy
Storage-Propulsion-Power System (YEIS 2035).
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The all-electric aircraft have all the subsystems and the propulsion exclusively electric,

i.e., powered by electric motors. Electricity may be supplied by a variety of methods including
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Figure 4 — Simplified models of the different architectures considered.
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batteries, ground power cables, solar cells, ultracapacitors, fuel cells, and power beaming.

In the series configurations, all the propulsive power is produced by electric motors.
Depending on the degree-of-hybridization in terms of energy (HE), there is a difference between
the pure serial (turboelectric) and the series hybrid. The turboelectric architecture (or pure series)
is different when compared to other configurations because it does not depend on energy storage

systems, such as batteries.

Parallel architectures has its engine and motor connected by a mechanical coupler. In this
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configuration, different control strategies can be used. If the power required by the transmission
is higher than the output power of the engine, the electric motor is turned on so that both engines
can supply power to the transmission. If the power required by the transmission is less than the

output power of the engine, the remaining power is used to charge the battery pack.

The series-parallel architecture is a combination of the advantages of the series and
parallel configurations. However, there’s a weight gain due to the increase of components

required for this configuration.

The partial turboelectric architecture is very similar to the parallel-series architecture,

differentiating by not including batteries in its layout.

Table 2 — Architectures characteristics.

Architectures Hp Hg

Conventional 0 0
All-Electric 1 1
Turboelectric >0 0
Series Hybrid 1 <1
Parallel Hybrid <1 <1

2.3 Distributed Propulsion

Just like the hybrid-electric aircraft motivation, engineers and researchers are also looking
for new propulsive configurations in an attempt to extract more benefits than just the ones from

the propulsive system itself.

The Distributed Propulsion System (DPS) consists in the distribution of the propulsive
elements (propellers, fans and jets) along most part of the wing as show in the NASA Prototype
presented in Figure 5, is one of this possible configurations and its benefits, stated by KIM, can

be many as follows:

e Reduction in fuel consumption by ingesting the thick boundary layer flow and filling in

the wake generated by the airframe with the distributed engine thrust stream

e Spanwise high lift via high-aspect-ratio trailing-edge nozzles for vectored thrust providing
powered lift, boundary layer control, and/or supercirculation around the wing, all of which

enable short take-off capability.

e Better integration of the propulsion system with the airframe for reduction in noise to the

surrounding community through airframe shielding.
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e Reduction in aircraft propulsion installation weight through inlet/nozzle/wing structure

integration.

e Elimination of aircraft control surfaces through differential and vectoring thrust for pitch,

roll, and yaw moments.

e High production rates and easy replacement of engines or propulsors that are small and
light.

e For the multi-fan/single engine core concept, the propulsion configuration provides a very

high bypass ratio enabling low fuel burn, emissions, and noise to surrounding communities.

Figure 5 — NASA’s prototype X-57 Maxwell.

Also, the combined effects of an hybrid-electric configuration and the distributed propul-

sion system presents more benefits when compared to a conventional propulsion system.

2.3.1 Sizing

Due to the system’s influence in the aerodynamics of the aircraft, its contribution to
lift and drag needs to be taken in account. So, the aircraft’s total lift and drag are given by the

Equations 2.4 and 2.5, respectively.

L= Lairframe + AL(poaLairframea S, ) (2.4)

D= DO +AD0(po?57 ) +Di(Lairframe) +ADi(po»Lairframeys> ) (2-5)

where Ty, is the thrust generated by the new architecture, AL and ADy is the lift and drag addition
provided by the DPS, respectively. Also, AD; is the induced drag addition that is provided by
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the installed system. Furthermore, the motor’s position and the size of the propellers are also
required. Using the method presented by VRIES; BROWN; VOS and it is represented in Figure
6.

Figure 6 — Propeller’s sizing simplified model.

.......
¥

F 4
(a) Front view, (b) Sectional view.,

Source: Vries, Brown and Vos (2018).

In this model, a simplified rectangular wing is taken into account with wingspan b and
chord c. Half of the propellers are going to be placed in each semi wing (%]). The propeller size
(D)) is determined by the Equation 2.6 and the space between two propellers is given by 6,D,,.
No propellers is going to be placed in the wingtip or root and this distance is given by % The
designer defines N and 6,D,,.

b2
D,= N(f—j)@) (2.6)
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CHAPTER

MULTIDISCIPLINARY OPTIMIZATION

The MDO proposed integrates the boxes of performance, aerodynamics, flight mechanics,
and structures. Having the market and operational requirements, the MDO uses a genetic
algorithm technique to optimize the aircraft in order to find it’s best configuration that fits the

constraints and the objective function.

For each aircraft under analysis, Fig. 7 presents the convergence process of an iteration.
With the definition of requirements and design variables, the analysis begins with the constraint
diagram. The determination of the wing loading (W /S) allows the calculation of the wing

geometries. Then, the aerodynamic coefficients are evaluated through the aerodynamic solver.

Figure 7 — Illustration of the integration of the MDO boxes.
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Source: SILVA et al. (2019).

The static stability box takes care of the sizing of the horizontal tail, vertical tail, and
elevator using an iterative method integrated with the aerodynamic solver. Then, wing and empty
weights are obtained through the structural box. Next, having the complete geometry defined,

the aircraft’s drag polar is computed, considering a trim condition, in order to feed the mission
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module. The propulsive system is determined based on the power required and energy spent
in each flight phase. Finally, the value of the maximum takeoff weight (MTOW) is updated,
including all the weight breakdown (payload, powertrain, wing, battery, fuel, and airframe), and

it goes back to the system so that a new wing geometry is defined.

At each iteration, this procedure repeats until there is a convergence in the MTOW value,
aircraft geometry and configurations. The methodology applied in each box is presented in the

following sections.

3.1 Constraint Diagram

The constraint diagram box evaluates the different performance constraints of the aircraft
and generates a resulting feasible design space in terms of wing loading and thrust-to-weight
ratio (or power loading). Then, from this feasible design space, it is possible to define the wing

area and the installed power, which are, initially, the main step when designing an aircraft.

For this MDO, the mission requirements define the actual constraints. In addition, it is
taken into account a distributed propulsive system, which comprises a set of electric propulsors
usually installed along the wing, generating air-propulsive interactions that result in gains in
propulsion and total-lift of the aircraft. Thus, after considering the “Deltas” of Cr, and Cp, the
optimum design point is chosen to generate the smallest wing; in other words, it means the point
that delivers the highest wing loading (W /S). Finally, for a specific aircraft weight, this value of
W /S feeds the geometry evaluation, which calculates the rest of the geometric parameters of the

aircraft and so on.

3.1.1 Requirement and Constraints

In order to start the design, it is necessary to define its objective and requirements to
define a design’s baseline to evaluate key characteristics of the aircraft like its weight and size.

The following is a typical set of requirements and technical objectives for jet transports:

e Payload: It is the requirement that drives the size of the aircraft, defining how much weight
(or the number of passengers) the aircraft will carry. On personal and small general aviation
aircraft, the pilot is considered as payload, unlike in business and commercial aircraft that

the crew is part of the operative weight.

e Range: It is the maximum distance over which the payload can be transported without
refueling and defines the required amount of energy to propel the aircraft over its mission

profile.
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e Cruise Speed/Altitude Capability: With these requirements is necessary to analyse, also,
the ambient conditions to define then. However, the aircraft’s speed drives the wing

configuration and propulsion system choice.

e Takeoff Distance: It is the length of a runway needed to accelerate, lift off and climb to a
prescribed obstacle height, like the 35 ft for commercial aircraft, imposed by the FAR Part
25.

e Climb Requirements: The Climb Rate is the vertical component of the airspeed of the
aircraft during climbing. The Climb Gradient that is the ratio between the vertical and the

horizontal traveled distances during the climb.

e Airport compatibility : It comprises the airfield classification, defining limitations to wing

span and length, landing gear track and runway pavement loading.

e Environmental issues: It includes the maximum noise emission levels defined relative to

certification requirements by, for example, FAR and ICAO.

e Reliability and Durability: Intense airliner utilization emphasizes the need to achieve a

specified lifetime in terms of a number of flight hours and/or flight cycles.

For each mission, it is necessary to define the aircraft’s best configuration, that includes

wing position, tail configuration and engine location.

3.2 Aerodynamics

The aerodynamic package will be composed by potential flow-based solvers, such as
Lifting Line Theory (LLT), Vortex Lattice Method (VLM) and Non-Linear Vortex Lattice
Method (NL-VLM). These solvers are integrated with object-oriented variables in order to share
its results - aerodynamic loads, coefficients, and derivatives - with the remaining areas of project

in a standard way.

The potential-flow methods are based on the solution of Laplace’s equation through the
distribution of vortex singularities in a simplified version of the geometry and the imposition of
boundary conditions. This methodology can only be applied for non rotational inviscid flows,
though it is possible to approximate viscosity effects through the NL-VLM. Despite these
restrictions, it presents low computational costs and enough accuracy to be used in optimization

routines and preliminary projects.

The Non-Linear Vortex Lattice Method, firstly implemented by CARVALHO et al., is
capable of simulating generic sets of lifting surfaces over subsonic symmetrical or asymmetrical
flow and maneuver speeds, considering interference between surfaces. This strategy is based
on the correction of the inviscid three-dimensional solution by means of previously known

bi-dimensional viscous section data, such as numeric simulation or experimental results.
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3.2.1 Potential Flow

The simplified solution of flows around surfaces consists in the Prandtl’s Boundary Layer
Theory, that suggests a flow solution in two parts: the viscous region and the potential region.
The viscous region is the one next to the body, where the viscous forces are predominant (¢ 7~ 0),
while in the potential region, located far from the body, the predominant ones are the inertial
forces (1 ~ 0). According to Prandtl, the Euler Equation defines the potential region and is know

as:

du;  d(uu; 10
dui | dwuy) __19p 3.1)
ot ox j P 8x,-

However, a more convenient way to define the incompressible and inviscid region is
by using the potential speed. In this regime, the flow does not suffer volume variation, so the

divergent component is null:
8 u;
— =0. 32
o (3.2)

Furthermore, if the flow is irrotational, the flow speed can still be expressed as a scalar

function gradient, known as potential speed (¢):

V=V (3.3)

From the equation 3.2 and 3.3 the Laplace equation is obtained:

VZp =0 (3.4)

Knowing that the equation 3.4 is linear, then it is possible to insert particular solutions to

it and obtain new solutions.

3.2.2 Singularities Method

This method consists in the addition of a set of particular solutions into the equation 3.4
to obtain a new solution that is capable of representing the flow. Doing so, a discreet domain
isn’t necessary anymore resulting in a significant computational cost saving. Although this
major simplification makes impossible to use this method in more complex geometries, it is still

possible to use it for lifting surfaces in a initial phase project with satisfactory results.

For this work, there are two singularities of greater interest, the vortex and the uniform

flow. A uniform flow with velocity V., and moving in x direction can be represented by the
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equation:

O =Veox. (3.5)

A bi-dimensional vortex is a flow where all flow lines are concentric circles and the
velocity at a point P is proportional to the distance to the center. The Laplace solution for this
kind of flow is given by the equation 3.6 where I' is the vortex intensity and 6 is the point

position as show in Figure 8.

0=—5-0. (3.6)

Source: Carvalho et al. (2018).

The vortex concept can be extend to tridimensional problems. In this cases, the vortex
center would assume a filament geometry as Figure 9. Also, the filament induces a velocity
field in the space around itself and the intensity is deﬁged as I'. The Biot-Savart law, expressed
in Equation 3.7 can determine the induced velocity dV in a generic point P in the space, d! is

filament’s tangent vector and r is the distance between the point and the filament.
Figure 9 — Vortex Filament with intensity I'.
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The Helmholtz Theorem brings two concepts about vortex:
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e The intensity along the filament of the vortex needs to be constant;

e The vortex filament can not end inside it’s own domain. It needs to extends itself until the

borders (4-o0) or form a closed path commonly know as vortex ring.

As follows, a common type of vortex filament is the Horseshoe Vortex, represented in
the Figure 10, it’s composed by three vortex segments, one fixed and other two that are free and

extends to the infinite.

Figure 10 — Horseshoe Vortex Representation.

Source: Carvalho et al. (2018).

3.2.3 Vortex Lattice Method

Both Panel Method (HESS; SMITH, 1966) and Vortex-Lattice Method (MIRANDA;
ELLIOTT, 1977) uses Laplace’s Equation to solve the potential flow and distributing singularities
throughout the body that meet the requirements of impermeability (the flow can’t cross a solid

surface) and the Kutta Condition.
The difference between both, however relay on the type of the used singularity.

They are fast and robust methods due to it’s characteristics of solving the flow field over
the surface of the body only. Allows multiples surfaces and calculating the interference that
they provoke in each other. Also allowing complex geometries, angular velocity and sideslip
angle. The formulation also permits to be added complementary models allowing boundary layer
calculations and compressible flow corrections. Therefore, these definitive characteristics makes

these methods to be the most used ones in computational aerodynamic tools.

For this solver, the wing is only discretized along the wingspan as the chords contributions
are going to be added posteriorly. In this way, the chord will only have one horseshoe vortex
along it. The fixed part of the vortex is at 1/4 of the chord and the control point (P) is at 3/4 of

the chord. Figure 11 represents the singulartiy distribution.

In short, this method consists in the determination of the induced velocities in a generic
control point caused by vortex with unitary intensity. Running the calculations for all vortex

generates a influence coefficient matrix named w.
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Figure 11 — Horseshoe vortex surface discretization.
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The induced velocity, in P, by a linear vortex segment named GH is given by the Equation

3.8 and this phenomena is represented by Figure 12, from the Equation 3.7.

; T orar - 7 a)
] = ——==_r
ind,GH ar |r1xr2‘2 0

ril Il

(3.8)

Figure 12 — Induced Velocity by a vortex linear segment GH.
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It’s necessary to solve the linear system 3.9 to ensure the control points tangency. In this
equation w;; it’s the geometric influence coefficients of the vortex induced velocity j in the point
i, and can be calculated by Equation 3.10; I'; is the vortex intensity and B; is the undisturbed

flow velocity, given by Equation 3.11.

wir Wiz oo Wip
X = , (3.9)

Wml Wm2 °° Wmn
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where:

Nseg

wij =Y. Vijeni (3.10)
k=1

N

Njeg 1s the number of vortex segment and V; j is the induced velocity of the k segment of

the vortex j in the panel i.

Bi = (Voo + Vi) .1j, (3.11)
where:
\Z, = Vio[cos(ct)cos(B)i — cos(a)sen(B)j + sen(a)k], (3.12)
and:
an = r3/4x?2. (313)

In Equation 3.12, o and are the angle of the attack and the sideslip angle, respectively,

and V.. is the undisturbed velocity module. Also, Q = [pgr]| are the maneuver angular velocity

components and r3 4 18 the distance between the control point and the aircraft rotation center.

Along this, using the Kutta-Joukowski theorem, the Equation 3.14 is obtained and using
the I" intensities, that were calculated by solving the linear system, the aerodynamic forces can

now be determined.

N

F =pVyual, (3.14)

where p is the fluid density and VT/4 is the total velocity in 1/4 of the chord. With I it is also
possible to calculate the lift coefficient along the wingspan (c;), using the local chord (c(y)), as
given by the equation 3.15. Is also possible to determine the Lift Coefficient and Induced Drag
Coefficient, using the Equations 3.16 and 3.17.

2I°(y)
— 7 3.15
c1(y) ) (3.15)
1 rb/2
CL(y) = S /_ , /ZC(y)Cz(y)dy (3.16)
2 b/2
Cp,(y) = VS / , /ZF(y)ai(y)dy (3.17)
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3.2.4 Viscous Effects and Other Coefficients

Since the linear method hasn’t discretized along the chord and hasn’t take credit of the

viscous effects, an adaptation, using the decambering method, is proposed.

This method consists in nine steps.

1. The auxiliary variables 6°(y) and Ac;(y) assumes null values, The labels consists of

sequential numbers;

2. The auxilary variable ®tj.cqmp(y) assumes the angle of attack values for the undisturbed

flow (O);

adecamb()’) = O (318)
3. Clinvisc(y) is determined by the lienar method using the Qyecams(y) angle;

4. Calculates the effective angle of attack (¢ r#(y)) using 8'(y) as a correction variable;

Qerr(y) = Clz—n@) —5'(y). (3.19)

5. By the bidimensional polar (c; 2p) is determined ¢; () for the ot r7(y) angles:

clyvise(V) = c12p(y) (Cerr(y)) (3.20)

6. Calculates Ac;(y) for each panel:

Ac (Y) = Cl,visc(y) - Cl,invisc(y) (3.21)

7. Updates &'(y) value:

iy il Aci(y)
o'(y)=0""(y) +— (3.22)
8. &8(y) is added to Otgecamp:
Oldecamb(y) = 0o+ 8'(Y) (3.23)

9. Returns to the step three and starts a iterative process. The convergence criteria can be the

tolerance between two values of Ac;(y).
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Once the iterative process is over, the induced angle of attack is determinated:

Qind (¥) = (Oeo +1(¥)) — Qe r(¥) (3.24)

These angles are represented in the Figure 13

Figure 13 — Angles of attack for a undisturbed flow
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Source: Carvalho er al. (2018).

Using the effective angle of attack from Equation 3.20 it is possible to determine the
momentum coefficient (C,,), the wing parasite drag coefficient (Cp ), roll (C;), induced yaw

(Cy,i) and parasite yaw (C, o), as follows:

b/2
Cooly / cao(y)c(y)dy. (3.25)
~ 5 b/2
1 b/2
Cu(y) = S /_ b/zcm(y)C(y)zdy- (3.26)
b/2
Cz(y)z—g » /ch()’)c()’)yd)’- (3.27)
/2 e (y)e(y)ou(y)
ni . 2
! Sb b 180 ydy (3.28)
b/2
Cro) = 57 / 20y)c(y)ydy. (3.29)

3.3 Structures

The structures box adopts an analytical sizing approach that allows the estimation of the

wing structural weight and the aircraft empty weight. The method for the wing estimation, as
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proposed by GIL A. A.; GUIMARAES, is able to generate more reliable results when compared
with statistical methods traditionally used. Since this method don’t relies on historical databases,

it is also a good option for innovative designs.

Given the highly complex of the wing structure for the application of analytical equa-
tions, simplifications were made to make the sizing process more viable. Thus, the structural
idealization method proposed by MEGSON was used in order to idealize a real wing structure

by transforming it into a simpler mechanical model with equivalent mechanical properties.

Furthermore, a sizing optimization routine was proposed with the objective of finding
the optimum thickness for each structural element that minimizes the wing final weight. Conse-
quently, the output of the structural sizing box will be the lowest wing structure weight admissible
for the geometry and aerodynamic load inputs provided by the multidisciplinary optimization.
In addition, an estimate of the aircraft empty weight is performed here using the methodology
defined by NICOLAI; CARICHNER.

3.3.1 Methods
3.3.1.1 Structural Idealization

The wing structure can be idealized into a simpler mechanical model, which has me-
chanical properties equivalent to the real structure. Therefore, MEGSON method was applied to
replace the wing structural elements by concentrated zones known as booms. Then, a skin panel
with a finite thickness is idealized as an infinitesimal thin plate with two finite booms in each

Trow.

Since the normal forces in the real and idealized panels must be the same, the Equation

3.30 of balance of forces is used for the boom 1.

p* 1
Gzl‘l)? + 5(61 — Gz)l‘Dbz = 01B; (3.30)
where 7p is the thickness of the real panel, b is the panel length, and o7 and o, are the normal

stresses on booms 1 and 2, respectively.

On the other hand, the values of o7 and o, are not known, so MEGSON assumes their
values as the vertical distance between the boom and the section’s centroid, i.e., the factors are

approximated by the heights of the boom in the wing section as z; and z;.

With the rearrangement of Equation 3.30, the boom 1 area can be calculated by Equation
3.31 and with Equation 3.32 the boom 2 area.

tpb
B =222+ %2) (3.31)

6 21
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tpb
By="220 4 (3.32)
6 22

Moreover, the booms positions depend on considerations adopted by the designer. RI'V-
ELLO suggests positioning them at the central portion of each skin panel and the joint point
between spars and skin panels. In this way, the spars will withstand most of normal stresses,
while the skin panels will withstand most of shear stresses. In the case that there is a stiffener
positioned between two booms, its cross-sectional area is added to the equations. Figure 14

shows the method proposed in the literature.

Figure 14 — Wing cross-section idealization.

a) Real wing cross-section b) Idealized wing cross-section

Source: Rivello (1969).

3.3.1.2 Normal Stress and Shear Flow

After the structure idealization was performed, the previously unknown normal stresses
acting on the booms can be calculated using the shear force and bending moment distributions.

Equation 3.33 shows the normal stress calculation in a boom i.

M L+ M,
Ixxlzz - I)%z

M1, + M.,
IxxIZZ - I)%z

)xi + ( )z, (3.33)

oyi = —(
where x; and z; are the boom i coordinates in relation to the section’s centroid. In this study, only

M, values are considered, i.e. only the forces generated by the lift were estimated.

The sections along the wingspan, commonly, are not constant due to the effect of variable
geometry (torsion, swept angle, and taper ratio), this variations generates stresses in the x and
z direction, which must be taken into account. The components 6, and o; are calculated using

Equations 3.34 and 3.35, respectively.

Ox;

Oy = cy,-é—yf (3.34)
l
07

O;i = Gyia—y (335)

where Ox; and &z; are the variation of the position of a boom i along a span variation dy; in the x

and z directions, respectively.
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For the shear flow calculation there is three steps. Initially, a pure shear flow is calculated
using the shear stresses previously estimated by the aerodynamics calculations. Next, a shear
flow in pure torsion is calculated using the torsional moment generated by the arm between the
center of pressure, where the load is applied, and the shear center. Finally, the pure shear and
pure torsion flows are summed to find the total shear flow. For each boom, the shear flow in pure

shear is given by Equation 3.36 and the shear flow in pure torsion by Equation 3.37.

lexx + SZI)CZ
L — IZ,

SZIZZ + lexz
Ixxlzz - I)%z

)xiBi + ( )ziBi (3.36)

Tbi:_(

where x; and z; are the boom i coordinates, Sy and Sz are shear forces in the x and z directions,

respectively. As in the normal stress, only the Sz values are considered.

G.(48
Tpi = —ZAlGl(dyi)
$

where A; is the area of each section’s cell (region between spars), G; is the shear modulus, 7 is

(3.37)

the structural element thickness as a function of its length variation ds, and d0 is the torsion

angle per d unit length induced by the torsional torque.

3.3.2 Sizing Criteria
3.3.2.1 Limit Stress Criteria

In possession of the components’ normal and shear stresses, they can be compared with

the limit stresses of their respective materials.

The allowable limit stress is defined verifying the minimum value between the yield limit
Oyie1q and ultimate limit 0,simare and their respective factor of safety F,Sy;e;q and FSyirimare bY

Equation 3.38 relationship.

Oyield Oultimate >] (3.38)

Omax = mln[( s
FoSyield FOSultimate

As the structural elements are subjected to normal and shear stresses at the same time,
the Von Mises criterion for limit load is applied. This method is able to calculate a oy stress
equivalent to the stress tensor applied to each element. Equation 3.39 presents the Von Mises

criterion by considering the stresses in the Cartesian plane used in this study.

o \/ (=0 P+ (0 -0+ (G- 0P +6(R AR AT

2

The stresses coefficients indicate the position in the Cartesian plane that these stresses

are applied.
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The Von Mises criterion will be verified in all structural elements (spars, skin panels,
stiffeners, and ribs). For better results quantification, Equation 3.40 represents a margin of safety
M Sy which is defined by the ratio between the Von Mises stress (0y ) and the specified limit
stress (Oyqy)- In other words, the MSy,, value must be always greater than 0.

Ooyy — Oomax

MSyy = >0 (3.40)

Gmax

3.3.2.2 Stability Criteria

Stability criteria include failure conditions that can occur at stresses lower than the
previously Oy, limit, caused by compressive and shear stresses in the form of buckling and
crippling.

The methods used in this study to calculate instabilities in wing structures are those
proposed by GERARD; BECKER. According to the literature, Equations 3.41 and 3.42 are used

for calculating the critical stress in compression and shear loads, respectively. This method is

used to evaluate the stability of panel elements (skin panels, spar webs and ribs).

NKcm’E t
=== (= 3.41
GCCR 12(1 _ve2) <b) ( )
nKsm’E t
S ki 42
TSCR 12(1 _ vez) (b) (3 )

where K¢ is the buckling coefficient of plates subjected to compression stress, and Ky is the

buckling coefficient of plates subjected to shear stress.

The coefficients K¢ and K are estimated using the abacuses provided in the literature
of GERARD; BECKER, which consider the plates’ geometry and boundary conditions. The
factor 1 represents the plasticity correction factor, if the critical stresses found are in the plastic
domain, this factor must be considered, being also estimated through abacuses provided in the
literature of GERARD; BECKER, which consider the yield strength and terms that represent the

shape of the stress-strain curve of the material.

Equally, the margin of safety is evaluated for a better results understanding. In that case,
it calculates the ratio between the critical stresses and the real applied stresses. If the value is less
than O, there is a condition of instability. In a wing design, the buckling is not tolerated, as this
may lead to a local change in the aerodynamic profile, so the margin of safety must be always
greater than the specified value. Equation 3.43 shows the margin of safety in a compression

condition and Equation 3.44 in a shear condition.

MSy = 5 "R - 3.43
fo . > (3.43)
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TS — TScr

MSs = >0 (3.44)

The panels are also designed to work under combined compressive and shear loads, so
the combined stress theory of SCHILDCROUT; STEIN can be applied by Equation 3.45.

(MSc+ 1)+ (MSs+1)* > 1 (3.45)

For beam elements (stiffeners and spar caps) the Gerard and Becker (1957) literature

proposes the calculation of the crippling critical stress, given by Equation 3.46.

2 E
ORcr = ach[(%)(g—Cy)ﬂﬁ (3.46)

—_

where o¢y is the yield stress of the material and the numerical factors o and 8 depend on the

beam geometry.

In the same way as before, the crippling critical stress is compared with the actual load

applied on the element, generating the margin of safety value, given by Equation 3.47.

Oc — GRCR

MSg = >0 (3.47)

ORcr

3.3.3 Optimization

The theories presented up to this point are able to verify whether a structural element
is capable or not to withstand the aerodynamic loads. Conversely, this analysis requires a
predetermined architecture, where the components’ thicknesses are known. To solve this issue,
an optimization routine was implemented with the objective of finding a configuration that

minimizes the wing final weight, estimating the optimum thickness for each structural element.

Having the flight conditions, overall geometrical dimensions of the wing and the esti-
mated lift coefficient coming from the other boxes from the MDO, becomes possible to calculate
the shear forces and bending moments. Then the optimization algorithm based in the differential

evolution method is launched.

In order to facilitate the convergence, the wing is divided into sections delimited by the
ribs and the optimization is done individually for each section. The sizing criteria presented are

evaluated and the margin of safety for each criterion can be verified.

The differential evolution algorithm uses the stop condition of the maximum number
of generations. Once all the sections are designed, the wing total weight is calculated and the
thicknesses values are presented to the user.

Figure 15 presents the calculation routine of the structure box.
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Figure 15 — Structure box flowchart.

Source: SILVA et al. (2019).

3.4 Flight Mechanics

The Flight Mechanics box will be responsible for the tail and control surfaces design.
It is based on an analytical procedure with minimal dependence on historical data. The main
constrains will come from the type of mission that the aircraft is meant to accomplish and the
desired stability characteristics. Since this is an early design procedure, few geometrical data are

available and, therefore, simplifications had to be applied.

The implemented methodology to size both the aircraft tail and its elevator is adapted
from the one proposed by (RESENDE et al., 2019). Based on the fuselage length and the wing
position, it is possible to estimate the horizontal tail position. Then, the horizontal and vertical
tails areas are evaluated, followed by their other geometric parameters. These evaluations are
based on the wing aerodynamic data, provided by the Aerodynamic package, and on desirable

characteristics for the aircraft’s behavior in flight.

Since the ailerons and rudder would not play a significant contribution to the aircraft
weight, their design are not considered during this MDO process in order to improve computa-

tional performance.

3.4.1 Static Stability Theory

3.4.1.1 Longitudinal Forces, Moments and Control

Lift and drag forces and the pitching moment are the main efforts presented in the
longitudinal motion of an airplane. One can combine the wing and horizontal tail contributions

to compute the resultant force and moment acting in the airplane’s CG (Build-up method).

The wing and tail contribution to the longitudinal aerodynamic forces are very similar
and can be computed by decomposing its lift and drag forces from the Wind Coordinate System

to the Body Coordinate System.

The sum of the moments, due to the wing, about the CG leads to Equation 3.48 for the
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Figure 16 — Flight Mechanics box flowchart.
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Source: SILVA et al. (2019).
pitching moment coefficient.
(h—hac,)
(Cn)w = ———"2C1,, = G, (3.48)
w

The difference between the wing and tail is that the tail is experiencing a flow deviation
made by the wing, which induces a downwash velocity at the air stream that implies a reduction
of the horizontal tail’s effective angle of attack (ay7) by a downwash angle (€). Being the
horizontal tail angle of attack given by Equation 3.50:

ot = (1 — €4) 0+ igT — €0 — Eglyy (3.49)

In addition, the effects of the engine’s position with respect to the tail may changes the

tail’s dynamic pressure. The ratio between the wing and the tail aerodynamic pressure is given
by:

1 2
qur _ >PHTViT

- — (3.50)
The total lift acting in the CG generated by the horizontal tail is given by:
SHT . :
(CL)uT = NMHT—— [CLOHT +Cly,,, (1 —€a) 0t +inT — € — Eqi)] (3.51)

Sw

The sum of the moments about the CG, due to the aerodynamic effort acting in the tail,

leads to the following equation for the pitching moment coefficient:

CHTSHT
)CLHT NuaT TCmACHT (352)
werw

SHT

(Co)ur = —Muar(Var — (h—hac, ) —— S
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Futhermore, considering the wing and the horizontal tail, the total lift of the aircraft is:

CL=Cp,+Cp 0, (3.53)
where
: SHT . .
Cry = (Cry, +ClLy,, iw) + MHT—— [Cro,,, + Clay,, (i — € — €aiw)] (3.54)
w
Cr. = Cr + AT (1—&q) (3.55)
Lo = CLy T NMHT S, Loy r a .
Similarly, for the pitching moment in the airplane’s CG:
Con = (C)w + (Cn)r (3.56)
where
A : . cursS
Cing = (h—=hac, )Cro =M1V HT [CLOHT + CLaHT (iHT — €0 — Eaiw)] — (CmAcw +NHT FéTSHT )
wew
(3.57)
Cng = (h—hac, )Co — MHTV HTCLy,, (1 — €a) (3.58)

Notice that, from Equation 3.58, C,,, depends on the CG location (/). The limit of
static stability of an airplane is when the C,,, approaches to zero, where it will be in a neutral

equilibrium. The CG position that makes C,,, = 0 is called neutral point (hy).

_
hn = hac, +NarVuar C HT (1 — &4) (3.59)

Lg

Longitudinal control of an airplane can be achieved, mainly, by providing an incremental
lift force on the horizontal tail6. The incremental lift force can be produced by a deflection of an
all move tail or by an elevator (NELSON et al., 1998). Because the control surface is located at
some distance from the CG, the incremental lift force creates a moment about the airplane’s CG.

Hence, the total lift and moment coefficients becomes:

CL = CLO —|—CLaO£ +CL5e O (3.60)

Cn = Cing + Cing @+ Gy, S (3.61)
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3.4.1.2 Latero-Directional Forces and Moments

Latero-directional stability is concerned with the static stability of the aircraft about the
x and z-axis, also known as roll stability and directional stability respectively. Similarly to the
case of longitudinal static stability, it is desirable that the aircraft has a tendency to return to its

initial condition after a yawing perturbation or a roll perturbation.

The main contribution to directional stability comes from the vertical tail, which produces
a lift-like force parallel to the xy plane when the aircraft is flying at sideslip. The assembly
wing-fuselage has a destabilizing, although it is very small when compared to the vertical tail

contribution.

So, when the aircraft is flying with a positive sideslip angle, the angle of attack experi-
enced by the vertical tail is given by Equation 3.62, where ¢ is the sidewash angle created by the
wing distortion in the flow field. It is analogous to the downwash for the horizontal tail.

oyr =+0 (3.62)

And the contribution of the vertical tail to roll and directional stability are given by
Equations 3.63, 3.64 and 3.65.

SVT do
Cy, = — C — (14— 3.63
vs = —MvrClq, Sw( +d[3) (3.63)
—|ZVT|SVT do
=g 14— .64
Cig bws., MvrClg,, ( +d[3) (3.64)
do
Cnﬁ = VVTT]VTCLOZVT(1 + E) (3.65)

3.4.2 Tail and Control Surfaces Sizing
3.4.2.1 Horizontal Tail and Elevator

From Equations 3.55 to 3.59, the design of horizontal tail can be accomplished and the
only unknown variable is the horizontal tail surface. Hence, substituting the Cy,, equation into

the neutral point equation, one may obtain:

Sy nHTVHTCLaHT (1—é&q)
Nu1Cly,,, (1 — €q) hn —hac,

Sur = -Cr,,] (3.66)

hy, 1s usually an imposed parameter, since the minimal statical stability margin and the most

forward CG position are given. Also, from Equation 3.66 is noticed that Vg7 is a paramter that
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depends on Sg7, so it is necessary to perform a parametric evaluation of the tail volume ratio

before determine the tail surface area.

(hn — hac,)
Na7CLy,, (1 — €a)

Vit > (VHT )eritical = CLa, (3.67)

The elevator sizing is based on guarantee that the aircraft will be able to be in a trim

condition at critical flight conditions (e.g. at the stall velocity, for a longitudinal trim).

At this point, the elevator dimensions and its effectiveness parameter (7) is unknown.
However, with Equations 3.60 and 3.61 becomes possible to create the linear system 3.68 to

determinate 7 and the elevator surface (S,) by using Figure 17.

CL(X r’HT %ITTCLHT 5€min ] {a} — {CL@Vstall - CLO} (3 68)

Cng —MHTVHTCLyr Cepin | || T ~Ciny

Figure 17 — Flap effectiveness parameter.
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3.4.2.2 \Vertical Tail

The assumption that both vertical and horizontal tails has their aerodynamic center
aligned, is not a strong one for conventional configuration (Gudmundsson, 2014). Hence, with

lyT determined, the vertical tail surface is:

Vwrby,,S
Syr = VTZwow (3.69)
lyr
The choice of the vertical tail volume ratio (Vy ) is such that, there will be enough area

for the rudder on the vertical tail, so the lateral stability requirements can be fulfilled.

As said before, since the ailerons and rudder don’t play a significant contribution to the
aircraft weight, their design are not considered during this MDO process in order to improve

computational performance.

3.5 Mission

The mission box is responsible to evaluate a typical mission of the aircraft. From
operational requirements, the box evaluates the powertrain necessary to meet constraints of
takeoff, climb, cruise, climb, descent, loiter, and approach. In this process, it is computed the
required power for each flight phase, and then it is estimated the corresponding weight of electric
motors and engines as described by SILVA et al.. Also, for a certain combination of degree-of-
hybridization throughout the typical mission, the energy supplied by the batteries is estimated,
and, consequently, its weight.

Finally, the box estimates the weight breakdown of the aircraft, i.e., the empty weight,
payload, powertrain weight, and the fuel consumption during the mission. The MDO may be set
to find the best configuration of the aircraft that results in lower fuel consumption, for example.
Other objective function in terms of performance could be to carry more payload, and so on.

Figure 18 presents the calculation routine of the structure box.

Figure 18 — Overlay procedure flowchart
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Source: SILVA et al. (2019).
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3.5.1 Power Constraints

Since its a hybrid-electric aircraft design it’s necessary to define the supplied power ratio,
that defines the amount of power drawn from the electrical energy source with respect of the

total energy drowned (battery and fuel).

(3.70)

where Py, is the power from the battery and Py from the fuel.

The second parameter to be defined is the shaft power ratio, that represents the amount of
shaft power produced by the electrical machines with respect to the total amount of shaft power

produced, defined as:

PSZ
= 3.71
¢ Psl +Ps2 ( )

Also, the gas turbine throttle, which represents the power produced by the gas turbine

with respect to the maximum power it can produce in the given flight condition.

Per

GT (3.72)

P GT,max

There is also a correction of the altitude lapse, presented below, that assumes the engine

power is directly dependent on the density ratio:

p=py P (3.73)

PsL

where Pg; and pg;, correspond to sea-level values.

At last, knowing the architecture applied to the design, from the ones presented in 4, it’s
necessary to evaluate the components that are part of the chosen architecture and each efficiency

associated through a power balance of each generic component.

Zpout = rllZPm (374)

where the left-hand side are the powers that leave each component and the right-hand side is the

powers that enter the components multiplied by the efficiencies of the components.

3.5.1.1 Wing and Powertrain Sizing

In conventional aircraft designs, propulsive effects are not taken into account in aerody-
namic calculations (lift and drag). In other words, the sizing methods are simplified. However,

when having configurations with distributed propulsion, it is important to take into account these
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effects, since they directly modify the aerodynamic flow throughout the aircraft, which results in

different lift and drag components. Nonetheless, the DP contributes directly to the thrust.

The total thrust of the aircraft (T') is the sum of thrust components from the different
propulsive systems. 7j two fans installed on the wing and 7y, for the component produced by the
array of distributed propulsors installed over the wing, which presents strong interaction effects

with the airframe that can also be expressed by component efficiencies. Thus,

T=To+1yp (3.75)

Ndap = Ndp,isolated +Andp(po7Lairframe>S7 ) (3.76)

where Ny isoiarea 15 the propulsive efficiency of these propulsors and Any), is the change in

propulsive efficiency when installed on the aircraft due to its interaction with the airframe.

The total lift and drag produced by the aircraft can be expressed by its coefficients on
Equations 3.77 and 3.78, respectively.

Cr = Cr,ypume +ACL(Typ,C, S,...) (3.77)

air frame airframe? ) *

Cp= CD() ‘l‘ACDO(po»CL

airframe

Sa---)+CDi+ACD,-(po7CL S ) (3.78)

airframe? ) *

Therefore, the airframe component is the ones determinated by the aerodynamic box and
the aero-propulsive interaction effects of the distributed propulsors are expressed by means of
these "Deltas", which are estimated using detailed aerodynamic analyses, explained SILVA et

al., resulting in the equations:

Acy, = 27[(sina — a4sin(iy)) \/(ac/4)2 +2aj4cos( +ip) + 1 —sina (3.79)

where « is the geometric angle of attack of the wing, i, is the angle between the propeller
axis and the wing chord, 4, is a finite-slipstream correction factor and a,. 4 is given by Equation

3.80 that is a function of the contraction ratio of the slipstream at the wing (R, /4 /Rp).

I+a,

Aujg = —->— —1 (3.80)
/47 (Reja/Ry)>

From 3.79 it is possible to calculate the change in drag coefficient, which is split into

Acg, and Acy,.

Acgy = ag u¢5 (3.81)
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2CLair rame AC[
Acy, = ﬂ«;—R (3.82)

where ¢y is the sectional skin friction coefficient, for which a value of 0.009 is assumed, and AR
is the aspect ratio.

The lift and drag coefficients calculated so far are two-dimensional coefficients and
represent an average value for the DP system. So, assuming the effect of the propellers on the
wing is limited to the spanwise interval they occupy, the three-dimensional coefficients can be

related to the corresponding average sectional coefficients as:

A

ACL = Ac,(%) (3.83)
A

ACp, = Acdo(%) (3.84)
A

ACp, = Acdi(%) (3.85)

Also, for conventional aircraft, there is only the thrust component aligned to the velocity
vector (1p); however, here there is an additional component (7;,), which is produced by the DP

system.

Applying Newton’s second law along the X, Y and Z axes represented in the Figure 19, it
is possible to determine the equilibrium equations, from where is writed the total thrust-to-weight
ratio of the aircraft (T/W):

0 C%air rame h 1dV
T (Vg/S) (CDO +ACD0+ 7re£\R +ACD!’)+V+§E

i 3.86
w 1—X(1—cosay) ’ (3.86)

Since ACp,, and ACp, are functions of T/W, Equation 3.86 becomes a transcendental
equation. Thus, it is necessary to couple 3.86 to another transcendental equation of W/S described
in 3.87.

W qwcos‘u’ (CLairframe + ACL)

S \/1 — (4)2 — Xsinaycosp (L)

(3.87)

3.5.2 Weight Breakdown
3.5.2.1 Typical Mission of a Aircraft

The typical mission of the aircraft is defining for the design. With it is possible to

determinate the amount of fuel, or in hybrid-electric case, amount of energy necessary to execute
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Figure 19 — DP-system representation
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Source: Silva et al. (2019).

the flight. Knowing that the fuel and batteries are going to be a considerably part of the weight,
also very important for the weight breakdown. So, the typical mission profile show in Figure 20
is defined:

Figure 20 — Typical Mission Profile
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Source: Silva et al. (2019).

3.5.2.2 Energy Sizing

The adopted method consists in calculate the energy consumption spent in each flight

phase and then, knowing the hybridisation degree of each phase, is possible to size the fuel
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and/or battery weight that would be required for that mission.

Firstly, the takeoff weight can be defined as:

Wro = Wempry + Whar +Wryer +Wpr + Wpr (3.38)

where W1y 1s the empty weight of the aircraft, W, the battery weight, Wy, the fuel weight,

Wpr the powertrain components weight and Wpy, the payload weight.

The empty weight can be estimated from takeoff weight (W7 O) using statistical regression
(ROSKAM, 1985), as follows:

logioWro = A+ BloglOWempty7 (3.39)

where A and B coefficients are taken from Table 3.

Table 3 — Statistical regression values relating empty weight to takeoff weight

Aircraft type A B

Homebuilt 0.3411 0.9519
Single-engine propeller driven -0.1440 1.1162
Twin-engine propeller driven 0.1063 1.0351
Agricultural -0.4398 1.1946
Business Jet 0.2678 0.9979
Regional turboprop 0.3874  0.9647
Transport jet 0.0833 1.0383

Military bomber, transport, patrol -0.2009 1.1037

Source: Roskam (1985).

The payload weight (Wpr) can be estimated by adding the weight of the crew (including
pilot) without luggage (Ncr.y) and the weight of passengers with luggage (Nqy), as follows:

WeL = (Nerew78 + Ny 102)g, (3.90)

The powertrain weight (Wpr) depends on the chosen architecture and the number of

components and motors.

Having the aerodynamic parameters calculated by the aerodynamic box, it is possible to
estimate the performance of the aircraft in each phase of the mission by estimating the power
required and the elapsed time of each one. Then, it is possible to determine the energy that the

aircraft requires and then calculate the fuel and batteries weight.



3.5. Mission 65

For the takeoff it is analysed the ground run phase and airborne one. Since it is not
possible to determinate the acceleration over time, it will be necesary to take into account the

distance traveled. It is given that:

Lro = Lgr+Lap (3.91)

To calculate the required power during ground run (PgR), it is necessary to find a value
of P that satisfies:

Vro MroV
Lor = / — ro s —dV (3.92)
Vrg — 2PT0V*SCpro — U (Wro — 3p10V>SCLy,)

where the takeoff speed must be greater than the stall speed.

The airborne power required is given by the Equation 3.94 and is a function of the climb
angle 7.
1 3 .
Pip = EPTOVTOSCDTO + WroVrosiny (3.93)

Then, the takeoff power Pro is the maximum value between Pgg and Pyp.

PTO = max[PGR,PAB] (394)

and the takeoff time can be simply estimated considering the whole distance at takeoff speed:

Atro = — (3.95)
TO VTO

and the required energy for takeoff phase is obtained by multiplying the takeoff power with
takeoff time:
Ero = ProAtro (3.96)

For climb, the power is given by:

1
Pry = 3 PcLVESCoe +WerVog, (3.97)

where V.,

as the time that the aircraft takes to climb from the airport altitude (/4irpore) to cruise altitude

is the vertical velocity (rate of climb). Moreover, the elapsed climb time is defined
(heruise) at a certain rate of climb:

hcmise - hairport (3 98)
v .

ver

Atcp =
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And then:

Ecp = PerAtcr (3.99)

and the horizontal distance traveled during climb is then calculated using average climb speed:

Rer = Ver At (3.100)

For the descent it takes the same procedure as the climb, but considering now the
parameters for this phase and that the aircraft is going from cruise altitude (/45 ) to loitter
altitude (hy,js1¢r). Then:

1
Pps = EpDSvgsscDDs + WpsVips (3.101)
hioi r —h Tul
AtDS _ loitte cruise (3.102)
VVDS
Eps = PpsAtps (3.103)
RDS = VpsAtDS (3104)

At cruise stage the required power is obtained by:

1
Pcr = EpCRngSCDCR (3.105)

The time depends on the cruise speed and the total distance traveled:

Atps = — (3.106)
DS Ver

where the Rcg is the remaining range after considering the one’s spent in the Climb and Descent

phase, so:

Rcr = Ripral — Rcr. — Rps (3.107)

And, finally, the energy spent during cruise phase is calculated as follows:

Ecr = PcrAtcr (3.108)
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And the power and energy in loitter:
1 3
Pir = EPLTVLTSCDLT (3.109)

Err = PirAtr (3.110)

where Aty 7 is the loitter time required and V7 is the maximum value between the stall speed

and the minimum required power speed, that is given by:

Vinp (3.111)

1
= —V R
v

2Wrr 1
Vid = A / 3.112
md pLTS %eARCDO ( )

Having all of those required power and energy spent per mission phase, it is possible

where:

3.5.2.3 Mission Evaluation

to size the gas turbine, the electric motors, the batteries and the fuel. The gas turbine and the
electric motors are sized for the maximum required power that occurs in some phase of the flight.

Then, the maximum required power, and its phase, is thus calculated:

Pax = max|Pro, Py, Pcr, Pps, Prr] (3.113)

However, the energy required is the sum of all the energies of each phase:

Eioral = Ero+EcL + Ecr+Eps+ELr (3.114)

an it can also be written as

Eioral = ProAro + PcrAct + PcrAcr + PpsAps + PLr ALt (3.115)

Considering, also, the aircraft’s hybridization degree:

Iy bat

¥YV=—"——
Pbat"’Pgt

(3.116)

and each phase has it own value for V.
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Now, for each chosen architecture there will be a new equation of power since it takes
into account the aircraft power system components. However, taking the serial architecture as an

example and solving for the gas turbine power with the respective efficiencies, is obtained:

1 - lehasei

P,
NpmMNem2T p2 ) [‘Pphasei + NgbNem1 (1 - lehasei

gt,phasei — (

)]Pphasei (3117)

where W j45; and Pppqq0; are the correspondent degree-of-hybridization and aircraft required
power in each flight phase, respectively. Therefore, the gas turbine can be sized from the flight

phase that it needs to provide the maximum power. Thus,

Pgt,max = max[Pgt,T07Pgt,CL; Pgt,CR7Pgt,DS7 Pgt,LT] (3.118)

Since the gas turbine is affected by the altitude and the given maximum power is obtained
to the flight altitude, it is necessary to estimate the required power at sea-level using the equation
3.73. With the required power for the gas turbine, using the regression proposed by ROSKAM

becomes possible to estimate its weight:

Wy = 0.1860Py 5.8 (3.119)

where Py, 7 is given in kW.

Also, by determining the power split of each phase, with the degree-of-hybridization (\¥),
is possible to calculate the battery weight, when assuming a specific energy of the batery (ep,,
[Wh/kg]):

fph
Woar = Y C(P haz,phaseiAfphasei)g (3.120)
€hat
1 ¥ hasei
Pt phasei = P Pohasei (3.121)
afphasel (npmnemzan ) [lehasei + ngb Nem1 (1 - ‘Pphasei )] phaet

Regarding safety and aiming increase the battery life, the batteries are only going to be
discharged until reaching the state-of-charge (SOC) of 25%. Then, the final weight battery is
estimated by:

(3.122)
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Similarly, assuming the 1,, which is assumed to be 0.3, the fuel weight is going to be

given by:
f phase:
quel = Z;le am(Pfuel,phaseiAtphasei)g’ (3.123)
ef
where:
1 I— lehasei

Pfuel,phasei = ( )]Pphasei (3124)

NetMpmMNem2Mp2 lehasei + NgbMem1 (1 - \Pphasei
Regarding safety, also, there is a fuel reserve (SOF) of 10% is usually kept. So, the new
fuel weight is going to be:

What o1d

Woar = T 50F

(3.125)

For the electric motors weight is possible to estimate using historical data that generates
the Equation 3.128.

Pmax
W,,, = (1.9309 +0.1933 3.126
( + Zanz)g ( )

Finally, the powertrain weight is estimated by the sum of the weight of the engine and

electric motors:

Furthermore, the first Empty Weight estimation takes into account historical data of
aircraft with propulsive system included. So, a correction must be done so the powertrain weight

be accounted only once.

Wemptymew = Wempty,old — Wpr (3128)
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CHAPTER

VALIDATION

In order to validate the accuracy of the aerodynamic and flight mechanics solvers, their
results were confronted with two others software: XFLLRS and OpenVSP. A base-line model,
composed by a wing with 4&R,, = 15.0, A,, = 0.40 and area of 8.64 m? and by a horizontal tail
with Ryr = 5.8, Ayt = 0.38 and area of 1.39 m2. The wing and horizontal tail airfoils were
the NACA23012 and the AH21 (with inverted camber), respectively. The CG position was fixed
0.214 m from the wing leading edge, considered at its root chord, and the horizontal tail is placed

4.72 m from the same reference.

For this test case, the freestream velocity was set to 82.3 m/s and the Reynolds number
to 3.8 x 10, simulating a cruise flight condition for general aviation aircraft. The aerodynamic
solver evaluated this simulation as described in Section 3.2. Both the XFLRS and OpenVSP
performed a VLM calculation with similar mesh. The XFLRS, however, considered a correction

model to account for viscous effects.

Figure 21 shows the aerodynamic coefficients obtained by each solver, and Tab. 4
presents their numeric values at o = 0° and o = 5°. As expected, the lift coefficient had a good
agreement between the methods. The drag coefficient, however, is more sensitive to the adopted
methodology on each software. Despite of that, the differences encountered were considered to

be acceptable.

From Fig. 24, it is clear that all solvers evaluated similar slopes for the pitching moment
coefficient, which is a reasonable indicator that the flight mechanics package will be feed with
coherent data for the tail and elevator sizing. The variation between the curves may be explained
by how each software evaluates the airfoils pitching moment around their aerodynamic center,
which would cause a shift in the C,,, (pitching moment coefficient at o = 0°) of the assembly
wing-horizontal tail. Furthermore, a static stability calculation was performed on each software
to evaluate the assembly neutral point (Xyp). As shown in Tab. 5, the flight mechanics solver

had good agreement with the two different software computations of the pitching moment slope
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(Cn,,) and the Xyp.

Figure 21 — Aerodynamic solver validation
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Table 4 — Numeric values for aerodynamic solver validation.

MDO XFLRS5 OpenVSP ‘ MDO XFLRS OpenVSP
o =0° \ o =5°

CL 0.0628 0.0533 0.0595 0.5752  0.5692  0.5692
Cp 0.0067  0.0081 0.0071 0.0158 0.0140  0.0134
Cnee  0.2836  0.2645 0.2358 | -0.0256 -0.0928  -0.0982
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Table 5 — Numeric values for flight mechanics solver validation.

MDO XFLRS5 OpenVSP

Xnp 3.676  3.660 3.658
Cm,, [rad™'] -3.543  -4.094 -3.385
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CHAPTER

CASE STUDY

It is proposed a general aviation aircraft with short range design to cover a mission of 300
km with the requirements and specifications listed in Tab. 6. Also, is established a comparison
between an all-electric and a hybrid-electric aircraft, named E-4P and H-4P, respectively. The
aircraft still has a distributed propulsive system along the wing and a serial powertrain architec-
ture, as illustrated in Fig. 25, and it ends the mission with the recommended levels of battery,
25% SOC, and fuel, 10% SOF, for safety issues.

For the optimization problem, a multi-objective approach was selected and to find the
Pareto solution, it is used the NSGA II, a multi-objective algorithm based on genetic algorithms
and proposed by DEB et al.. The algorithm was executed several times with a number of
populations of 100, generation equal to 500, crossover index of 20, and mutations index of 20.

These parameters were also changed, but all the results converged to the same.
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Figure 25 — Schematic representation of distributed propulsion along the wing and serial powertrain archi-
tecture. Legend: “F” = fuel, “GT” = gas turbine, “GB”= gearbox, ‘“P”’= propulsor, “BAT”=
batteries, “EM”= electrical machine (i.e. electric motor or generator), “PM”= power manage-
ment.

s i I s

P2k—>

Table 6 — Design requirements and specifications

Parameter Value  Unit
Number of passengers 3 -
Number of pilots 1 -
Number of engines 1 -
Number of electric propulsors 8 -
Stall speed 60

Cruise speed 160  KTAS
Climb/descent speed 105 EAS
Climb rate 500 fpm
Descent rate -350 fpm
Takeoff field length 325 m
Cruise altitude 8000 ft
Loiter altitude 1000 ft
Loiter time 45 min
Battery specific energy 500 Wh/kg
Fuel specific energy 11900 Wh/kg

As objectives of this case study, two functions are chosen to be minimized: Wy,,; and

MTOW. Also, the selected design variables (x) are based on values of geometry and performance,
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i.e., wing profile, horizontal tail profile, wing aspect ratio (&,,), wing taper ratio (A,,), horizontal
tail aspect ratio (/Ry 1), horizontal tail root chord (croot,7), and the degrees-of-hybridization per

flight phase (Wphase,i)- Thus, the optimization problem proposed here is characterized as follows:

min (quel) and min (Wyp)

x : [Airfoily, Airfoilgr, Ry, M, RET, Croot. HT s WT O, WL WCR, WDS, VLT
Airfoil,, = NACA63,412, SELIG1223, NACA2412, NACA23012
Airfoilyr = NACAO0012, AH21, NACA63-012

T< AR, <15

0.40< A, <1.00

3< Rur <6

0.50 < croour < 1.00

Multi-objective

optimization problem

0< prhase,i <l
(5.1)

The Pareto-optimal front depicted in Fig. 26 show the solution for the optimization of the
case study. The result shows that to minimize the fuel consumption for this type of mission, it is
necessary to increase the amount of batteries onboard. However, due to the lower specific energy
of the batteries in comparison with the fuel, as the quantity of batteries increases, the weight of
the aircraft increases as a whole, i.e., the maximum takeoff weight increases as well. Therefore,
to reduce the fuel weight, the total weight of the aircraft is considerably increased. Regarding
the design variables, the NSGA II algorithm found different combinations that delivered that
result. Among those combinations, all the wing airfoil profiles were used, but only the AH21
and NACA63-012 were selected for the horizontal tail profile. The aspect ratio remained around
14.3 to 15 for the wing and 4.2 and 5.9 for the horizontal tail. Moreover, the wing taper ratio
presented values from 0.40 to 0.70 and the horizontal tail root chord varied from 0.50 to 1.00.

In Figure 26, four points of the solution were selected: P, P>, P3, and Py. These points
represent four different options for the aircraft design. P; is the condition where the aircraft
has the highest fuel consumption, and it happens when all degrees-of-hybridization are equal
to zero (Yphase, = 0), 1.€., in this case, the configuration represents a turboelectric aircraft. At
the other end, P is the condition where the aircraft consumes no fuel, i.e., it implies a full
electric configuration; therefore, the aircraft energy is only supplied by batteries, increasing the
takeoff weight to the maximum. The points between P; and P4 have different combinations of

degrees-of-hybridization and geometry.

Furthermore, the details of the aircraft design optimization for the four points selected
are displayed in Tab. 7. The different combinations of the design variables resulted in different

weight breakdowns for the aircraft. Py, for example, requires 73.6 kg of fuel and none battery,
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Figure 26 — Pareto-front that represents the solution for the optimization problem.

Table 7 — Results of the optimization.

Parameter P P P; Py
Airfoil,, NACA23012 NACA631412 NACA631412 NACA63,412
Airfoilgyr AH21 NACAG63-012 NACA63-012 NACA63-012
Ay, 15 15 15 15

A 0.40 0.40 0.40 0.40
ARur 5.6 4.5 4.6 4.2
Croot, HT 0.57 0.98 0.99 0.79
YTo 0.00 0.59 0.84 1.00

Vel 0.00 0.21 0.79 1.00

VCR 0.00 0.30 0.82 1.00

Vps 0.00 0.00 0.35 1.00

ViT 0.00 0.60 0.94 1.00
Mempty [Kg] 711.0 771.6 888.7 949.7
My [kg] 0.0 205.0 587.1 777.4
Miyel [Kg] 73.6 53.0 18.0 0.0

mpr [kg] 81.8 71.7 66.6 64.5

mpr, [kg] 384.0 384.0 384.0 384.0
mto [kg] 1250.5 1491.3 1944 4 2175.5

since it is turboelectric. But moving forward through the other points, the correlation between
fuel and battery mass is not linear, i.e., the amount of batteries increases in a different rate that
the fuel amount decreases. This happens because they are directly dependent of the degrees-of-
hybridization selected by the algorithm of optimization, along with the respective geometric
parameters. The geometry differences, i.e, aspect ratio, wingspan, and tails sizes for the aircraft

of points Py, P>, P3, and Py are depicted in Fig. 27, and the weight breakdown in Fig. 28.

Since by increasing the amount of batteries there will be a reduction of fuel consumption

but a weight increase and the objective-functions were intended to reduce fuel consumption and
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(b) Aircraft P, - Hybrid-electric.

(a) Aircraft P, - Turboelectric.

Figure 27 — Illustration of the aircraft obtained from the select points of the Pareto-front.
(a) Aircraft P, - Turboelectric. (b) Aircraft P, - Hybrid-electric.
MTOW = 1491.3 kg

MTOW = 1250.5 kg
¥y, =059 P, =021, §_=031, =000, 9, =0.60

Py, =000, ¥ =0.00, ¥ =0.00, 3, =0.00, ¢ =0.00
(384.0 kg, 30.7%) (3840 kg, 25.7%)
(711.0 kg, 56.9%) (771.6 kg, 51.7%)
\ (77.7 kg, 5.2%)
(81.8 kg, 6.5%) (53.0 kg, 3.6%)
) (73.6 kg, 5.9%) (205.0 kg, 13.7%)

(0.0 kg, 0.0%
(c) Aircraft P; - Hybrid-electric. (d) Aircraft Py - Full-electric.
MTOW = 2175.5 kg

MTOW = 1944.4 kg
1/)[0 =0.84, ¢d =0.79, 1/)cr =0.82, wds =0.35, 1/)lt =0.94 1/)m =1.00, T/Jc] =1.00, @bﬂ_ =1.00, wds =1.00, wlt =1.00

(384.0 kg, 19.7%)

84.0 kg, 17.7%)

(3

(64.5 kg, 3.0%)

(949.7 kg, 43.7%) (0.0 kg, 0.0%)

(66.6 kg, 3.4%)

(888.7 ke, 45.7%)
(18.0 kg, 0.9%)

(777.4 kg, 35.7%)

(587.1 kg, 30.2%)

‘ .Empty Weight . Battery . Fuel D Powertrain D Payload ‘

Figure 28 — Weight breakdown of the aircraft obtained from the select points of the Pareto-front.
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takeoff weight, the algorithm searched for more efficient aircraft with better aerodynamic behav-
ior in order to reduce the fuel consumption without increase the overall weight. Actually, since
the distributed propulsion system brings great improvements in the aero-propulsive interactions
and the increase of the lift coefficient by its "Deltas" a higher wing loading was feasible for this
design, leading to smaller wing areas for a certain takeoff weight. Moreover, smaller wings result
in lighter wings, and, consequently, lighter aircraft weight. Thus, having those aerodynamic
improvements, it is much easier to have an aircraft that fulfills the design requirements, but

burning less fossil fuel.

Overall, any combination obtained from Fig. 26 results in a different aircraft, with
different powertrain, fuel consumption, battery weight, takeoff weight and so on. Therefore, the
choice of the point within the Pareto-front depends on what the designer wants to benefit the

most.
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CHAPTER

CONCLUSIONS AND PERSPECTIVES

This work introduces a multi-disciplinary design optimization for conceptual design
of general aviation and hybrid-electric aircraft. It was also developed as generic as possible in
order to design aircraft to fly short-range missions. The study case presented satisfactory results,
mainly in relation to the physical agreement of the models, proving MDQ'’s ability to solve the
problem, fulfilling its objective.

The methods presented in each box had been already tested and validated. However, in a
multi-disciplinary approach there is the need to ensure that the tools are capable of interact with
each other and generate reliable results, so the MDO were validated using the XFLRS5 and the
OpenVSP that generated very similar aerodynamic and flight mechanics results. Next, a study
case was presented for a general aviation aircraft, using geometry and propulsive variables, in
order to minimize fuel consumption and the overall weight of the aircraft. The Pareto optimal-
front in Fig. 26 comprises aircraft with different propulsive architectures: turboelectric, hybrid-
electric, and full-electric. Then, the NSGA II algorithm was able to optimize the aerodynamic
characteristics in order to find the best aircraft configuration capable to meet the proposed

requirements.

Since the degrees-of-hybridization per flight phase directly affect the final weight break-
down of the aircraft, one may realize that full-electric aircraft have their weight considerably
increased, mostly because of the high battery demand to accomplish the flight mission. This
overweight results in bigger lifting surfaces and, consequently, implies in more structural weight.
So, for aircraft with high capacity payload and/or great ranges, such as an intercontinental flight,
the amount energy required would be huge, implying in a great increase of weight if batteries
were been taking into account. Therefore, the batteries technology needs to be highly improved

in the next years in order to enable such approach for this type of design.

For further works, the perspective is to keep increasing the complexity of the MDO by

coupling new tools so more innovative designs can be generated. Also, improve the already
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existent boxes in order to decreases the elapsed time of every run increase its reliability, which
the distributed propulsion analysis is a great example, since there were major simplifications and

there is still greater benefits to be explored on this site of research.
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